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SUPERSONIC AERODYNAMIC CHARACTERISTICS OF
A LOW-DRAG ATRCRAFT CONFIGURATION HAVING AN ARROW
WING OF ASPECT RATIO 1.86 AND A BODY OF
FINENESS RATIO 20

By Warren Gillespile, Jr.
SUMMARY

A free-flight rocket-propelled model investigation was conducted at
Mach numbers of 1.2 to 1.9 to determine the longilitudinsl and lateral sgero-
dynemic characteristics of a low-drag alrcraft configuraetion. The model
consisted of an aspect-ratio-1.86 arrow wing with 67.5° leading-edge sweep
end NACA 658004 zirfoil section, and a triangular vertical tail with 60°
sweep and NACA 65A003 section, in combination with a body of fineness
ratlio 20. Aerodynamic data in pltch, yaw, and roll were obtained from
transient motions induced by small pulse rockets firing at intervals in
the pitch and yaw directions. .

From the results of this brief aerodynamic investigation, it is
observed that very slender body shapes can provide increased volumetric
capacity with little or no incresse in zero-lift drag, and that body
fineness ratios of the order of 20 should te consldered in the deslgn of
long-range supersonlc aircraft. The zero-1lift drag and the drag-due-to-
1ift parameter of the test configurstion varlied linearly with Mach number.
The maximum lift-drag ratio was 7.0 at a Mach number of 1.25 and decreased
slightly to a value of 6.6 at a Mach number of 1.81. The optimum 1ift
coefficient, normal-force-curve slope, lateral-force~curve slope, static
stablllity in pitch and yaw, time to damp to one-half amplitude in piltch
and yaw, the sum of the rotary damping derivatives in pitch and galso in
yvaw, and the statlic rolling derivatives all decreased wilth an increasse in
Mach number.

Values of certain rolling derivatives were obtained by application
of the least-squares method to the differentlial equation of rolling motion.
A comparison of the experimental and calculated total rolling-moment-
coefficient variation during transient oscillations of the model 1ndicated
good agreement when the damping-in-roll contribution was included with the
static rolling-moment terms.
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INTRODUCTION

Several methods have been developed whereby the dreg of aircraft
configurations can be reduced at supersonic speeds. (See refs. 1 to 6,
for example.) In general, these methods require either the indentation
and speciel contouring of the body in the region of the wing or the
application of twlst and camber to the wing. It may be well to consider
a simpler epproach to the problem of obtalning a low-drag alrcraft con- o
figuration sultable for flight at supersonic speeds. For example, con- ’ _
temporary high-speed alrplanes have body fineness ratios of the order of 8.
The investigation of reference 7 reported in 1951 showed that parabolic
bodies of fineness ratlos 9 to 18 had approximately equal drsg at low
supersonic gpeeds. However, when based on volume to the two-thirds power
instead of the usual area reference, the drag coefficient at a Mach number
of 1.4 for the parabolic bodles was shown o decrease as the fineness ratio
Increased to 25,

For the present test a body of fineness ratio 20 was combined with a
L-percent-thick arrow wing of gspect ratio 1.86. The body was made ~
cylindrical in the region of the wing and the overall sxial progression
of total cross-sectionael area was moderate. The use Of body indentation
as such was avolded. The purpose of the test was to determine the aero- -
dynemic characteristics of the resulting slender configuration at super - )
sonic speeds and at lifting condlitions. The model was flight-tested at

the Langley Pilotless Alrcraft Research Station at Wallops Island, Va. -
SYMBOLS o g -

Cr normal-force coefficlent, %? Eé§ y -

Cy side-force coefficient, %g Eag _ _ o ?

CX axial-force coefficlent, %? Eéé t: o 7 ;

Cr, 1ift coefficient, Cy cos a + Cy sin « _ B

Cp drag coefflcient, -Cy cos o + Cy sin o - . :

Cog minimm drag coefficlent (at Cp, =0), -Cx at Cp =0 .
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L/D lift-drag ratio
Cn pitching-moment coefficlent about center of gravity
Ca yvawing-moment coefficlent about center of gravity based on
wing ares and span
Cy rolling-moment coefficient gbout body center line
N = —
o4 e CN=0
aCm
CmC static stabllity parameter in pitch, —=
N 3w Jc =0
N
aC
Cy, = (=%
B op Cy=0
Gy
CrlC statlc stablility peremeter in yaw, —
Y Cy Cy=0

(Cmq + Cmd) sum of rotery damping derivatives in pitch,

aC aC -
3e¢e &
av 2V
(Cn - Cn') sum of rotary damping derivatives in yaw,
x B 3Cp 3¢
CnT = '—_b and Cn~ = —‘IE
e B B
av 2v
Tl/2 time for a transient oscillation to dsmp to one-half amplitude,
sec
P period of oscillations, sec
oC
[
C = L
aC
s

5,0 o
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ac =
¢, = L ~ . _
ZP I¢) -
2V
hy Srb -
2V
aCy -
CZ' - _ = - _
B Bb ‘
2V
én, &y, &x normal, lateral, and axial accelerations, respectively,
ft/sec? , -
g acceleration due to gravity, 32.2 ft/sec2
a dynamlic pressure, lb/sq ft : - -
v velocity, ft/sec
M Mach number =
R Reynolds number besed on a length of 1 foot -
W welght of model, 111.1 1b
o angle of attack at model center of gravity, deg
& rate of change of angle of attack, radians/sec
B angle of sideslid at model center of gravity, deg
8 rate of change of angle of sideslip, radians/sec
¥ rate of change of flight-path angle, radians/sec
¢ angle of roll, deg - o N
D, ¢ rolling velocity, radians/sec
D rolling acceleration, radians/sec?
<] angle of piltech, deg . o -
: angular velocity in pitch, radians/sec
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g angular acceleragtion in pltch, radians/sec2
¥ angle of yaw, deg
r, ¥ angular velocity in yaw, radians/sec
3 total wing area to body center line, 4.3l sq ft
c local wing chord
& wing mean serodynamic chord, 2.03 ft
b wing span, 2.83 ft
x' chordwlse distance back from leading edge of local chord
Yy spanwise distance of local chord cut from body center line
Iy moment of inertls in pltch about center of gravity,
12.2 slug-ft2
Iz moment of inertis in yaw about center of gravity, 12.3 slug-ft2
Iy moment of inertlia in roll about model center line,
0.%14 slug-ft2
Iyy, product of inertia, assumed equal to zero

The positive directions of the angles and coefficlents are shown in
figure 1.

MODEL

A drawing of the model 1s ghown in figure 2 and photographs of the
model are presented in figures 3 and 4. The fuselage ordinates are
listed 1n table I, and physical characterisgtics of the model are listed
in table II. The configuration for this test consisted essentially of
an arrow wing of aspect ratio 1.86 with 67.5° leading-edge sweep and
NACA 65A00k girfoil section attached at body-center-line height to the
cylindricel mldsection of & slender body of flneness ratio 20. The
model was somewhat simllar to the large body configuration, model 5 of
reference 8. A triangular vertical teil with 60° leading-edge sweep and
NACA 65A003 airfoil section provided directionsl stability. The tall
was mounted on top of the body to simulate sn alrplane configuration.
The ratio of fuselage frontal area to wing plan-form area was 0.032.
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The angle of incidence of the wing with respect to the body center line
was zero. The wing dihedral was also zero. ’ .

The model was of metal construction with a solid sluminum-alloy
wing. Six pulse rockets were carried within the forward and rearward
fuselage sections, with four flring in the pitch directlon and two 1n
the yaw direction. The model aglso carried an eight-channel telemeter
with angle-of-attack angle-of-sldesllp, accelercmeter, and rate-of-roll
instruments. The model was externally boosted by two Deacon rockets.
An underslung adapter was used to couple the model and booster. A sup-
port fitting, shown in figure 2, extended below the fuselage and remained
with the model.

TEST

A wing panel and the vertical tail were statically tested to meas-
ure the streamwise wing twist due to loading concentrated along the
50-percent-chord line., The flexibllity of these model components is
prresented in figures 5 to 7.

The model was flight tested at Mach numbers from l.2 to 1.9 at the
Langley Pilotless Alrcraft Resegrch Station at Wallops Island, Va. Dats
were obtained during ascent of the model after separation from the booster.
A smoke trail of short duration was generasted from a chemical solution con-
tained in the end of the model which alded in tracking the flight. Aero-
dynemic dats in pitch, yaw, and roll were obtalned from transient oscil-
lating motions induced by pulse rockets firing at intervals in the pitch
and yaw directlons. The telemeter system permitted the measurement of _
engles of attack and sideslip; normsl, lateral, and longitudinal accelera-
tlions; angulsr accelerations in pitch and roll; and rolling velocity. The
veloclty obtained from a CW Doppler radar set (corrected for wind velocity)
wes used in conjunction with tracking rader and radiosonde data to calcu-
late Mach number, Reynolds number, and dynamic pressure. The varlations
of the free-gtream Reynolds number per foot of length and dynamic pressure
with Mach number are shown in figure 8. Varlations of the angle of attack
with Induced sideslip engle ceused by pltch pulses are shown in figure 9.
Likewlse, the varlations of the lnduced angle of attack with sideslip
engle caused by yaw pulses are shown in figure 10. The variations are
for the maximum oscillations obtained after a pulse.

ACCURACY AND CORRECTTIONS

Errors in the absolute value of g telemetered quantity are thoﬁghtf
to be within ¥l percent of the range of the instrument. At a Mach number
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of 1.5 the resulting errors in the normsl-, lateral-, and axial-force
coefficlents have been calculated to be within £0.01, £0.00l, and t0.00L,
respectlively. Mach number is estimated to be accurate within &1 percent
and dynamic pressure within &2 percent. Experlence in the use of the
air-flow indlcator shows that an error of +0.3° is probable.

In order to avoid error, in the determination of the drag polars,
that could result from either external or Internal misalinement of the
longltudinal (axial) accelerometer Instrument when subjected to normal
acceleration, the angularity of the mounting base in the model was
measured. The instrument itself was calibrated while subjected to normal
acceleratlion. The base of the accelerometer was ground to reduce the
response of the instrument to normal-force interaction. The residual
internal instrument error due to normal acceleration and the externsl
misalinement of the instrument mounting base were accounted for in the
data reduction.

An gdditional source of lnaccuracy in the final results may be the
induced lateral motlons following s pltch pulse or the induced pitch
motlons following a yaw pulse. The relative magnitude of the induced
lateral motions to pitch motions increased with an increase in Mach number.
However, cross-coupling effects on the data presented are belleved to be
small.

Measurements obtained from the flow indicator were corrected for
pitching and yawing velocities and for flight-path curvature. Position
corrections were made to measurements obtalned from the normel, lateral,
and longitudingl accelerometers mounted near the center of gravity of
the model.

ANATYSTIS

The 1nstanteneocus pitching moment was measured by means of an angular
accelerometer, The pltching moment due to angle of gttack is given by the
foliowing expression:

Cn(a) = gg% - Gh@_+ Cmd>d - Cmqy

However, for the present test the rotary-damping terms were negligible,
and the pitching moment due to angle of attack was calculated by the fol-
lowing simplified expression:
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The osecillations in pitch resulting from the pltch-pulse rockets
have been enalyzed assuming two degrees of freedom. A similer ansalysis
was made for the oscillations 1in yaw caused by the yaw-pulse rockets.
Values of Cma and CnB were cglculated using the following expressions:

\2 | (0.693\° *
)

) 57.3qS3

NG

e 57.3aSb f
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These values were divided by corresponding values of ,CNQ and CYB to
obtain the static stability parameters CmCN and CnCY. Rotary damping

derivatives were calculated as follows:

i . 2<?.69557
N T1/2
c Cp.) = 2% @ I
<nﬁ.+ md) 3 57,§EV as *
8 .
i . 2<o.695>1
<Cn - Cn-> = -2—V- YB - Tl/2 IZ
TR wlsyly a8
L & i

The instantaneous rolling moment was also measured by means of an
engular accelerometer. Rolling-moment derivetlves were obtained by o
application of the method of least squares to the differentiel eguation
of rolling motlion. Determination of the rclling-moment derivatives is
expleined in the sppendix.

RESULTS AND DISCUSSION

The aerodynamic test results are presented in filgures 11 to 25 for a
configuration having a wing and s vertlcal teil with flexibllity charac-
teristics that could be representative of a typical alrcraft in this speed
range. No aeroelastic corrections have been made to the measured data
obtained during free-flight of the model. ' -

3 i
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Figure 11 presents the trim measurements for the model. Because
the model was not perfectly symmetrical or becesuse of measurement inaccu-
racies, the trim values for angle of attack, normal-force coefficient,
angle of sgideslip, rolling velocity, and lateral-force coefficient are
slightly different from zero. The trim angle of attack and normal-force
coefficient were constant with chenge in Mach number. The trim angle of
sldeslip, rolling velocity, and lateral-force coefficient all decreased
with increasing Mach number.

Dreg

Drag polars were obtained at Mach numbers of 1.25, 1.46, 1.69, and
1.81 and are shown in figure 12. Plots of normel-force coefficient
against axlal-force coefficient ere plotted also. The data indicate a
reduction in axial-force coefficient with increase in normal-force coef-
ficient. This reduction may be due in part to some suction on the highly
swept leading edge of the wilng, and also to less unfavorable interference
from the wake of the flow indicator which probably induces a turbulent
boundary layer well forward on the body of the model, partlcularly at
zero sngle of attack. In this connection the results of references 9
end 10 show that the drag at zero 1ift of s 60° delta-wing—body configu-
retion (of similar size to the present test model) was 12 to 16 percent
higher with an air-flow indicator.

The drag cocefficlent at zero 1lift is plotted against Mach number in
figure 13(a) and is seen to decrease linearly with increase in Mach num-
ber. A comparison is made with the large body configuration, model 5, of
reference 8 which had the same wing plan form and maximum wing thickness
and almost the same ratio of body maximum cross-sectlional srea to wing
grea. The body fineness ratio was 14.9, however, compared with 20 for
the present model. The drag at zero 1ift of the two models is almost the
same. The present/test model has a condsiderably larger ratlic of

Tus 2/3
( e;ige volume) then the model of reference 8. The value of this
neg aresa

ratio (hereinafter called the relative fuselage volume) is 0.202 for the
present test model and 0.148 for the reference model. This drag comperi-
son is somewhat surprising in view of the fact that the present model was
not serodynamically "clean" inasmuch as it had six pulse-rocket holes in
the fuselage in additlon to a sting-mounted flow indicator.

The larger 60° delta-wing—body configuration (model 4 of ref. 9)
had very nearly the same ratio of body meximum cross-sectional area to
wing ares as the present test model. A direct comparison of the zero-
11ft drag of these two models is made in figure 13(a) and indicates
slightly lower drag for the larger size model of reference 9. However,
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if sllowance 1s made for the higher test Reynolds number of model L4 of
reference 9 and the relative "cleanness" of these two models, then the
present test model is indicated to have approximstely the same drag.
References 8 and 9 further indicate that the wing-with-interference drag
of these two models is also gpproximately equal. The relative fuselage
volume for the model of this test 1s, of course, much larger, being 0.202
for the present model but only 0.11% for model 4 of reference 9. It is
observed, on the basls of the foregelng compsrisons at zero 1ift, that
very slender body shapes can provide increased volumetric capacity with
little or no incresse in drag.

The varilgtion of the drag-due-to-lift parameter dCD/dCL2 with Mach

number 1s linear. (See fig. 1%(b).) This wing plan form is not an opti-
mum one, particularly at low supersonic speeds. Comparison with the 60°

delta-wing model of reference 10 gshows lower drag-due-to-1ift values for

that model. However, at a Mach number of 1.6 the drag-due-to-lift param-
eter of the present model is only 4 percent higher andﬁprobably would be

equal at a Mach number of 1.7.

As s consequence of the llnearlty of both the variation of the zero-
1ift drag and the varistion of the drag-due-to-lift parameter with Mach
number, the draeg of the test model gt 1ift can be représented with good
accuracy over the test range of Mach number by an expression of the fol-
lowing form:

d(ch

dCp ac acp 2

0 D L 2
Cry = - — 9 - 1. D A VAR

D (CDO>M=1.25 = M- 1.25)} + 5 + o (M - 1.25)|Cq
L 1,25

Such an expression mlght be of value in simplifying the preliminary per-
formance calculatlons encountered in the determinetion of an optimum
supersonic ailrcraft with the restriction that the configuration be not too
far different from that of the present test model for which this result is
specifically applicable. = -

Lift-Drag Ratio

Figure 14 presents the variation of lift-drag ratio with 1ilft coef-~
ficient obtalned at Mach numbers of 1.25, 1.46, 1.69, and 1.81l. The
dashed-line extensions of the plots at the two higher Mach numbers were

obtained using the expression Cp = CDO + (dCD/dCLE)CL2 and filgure 13.

The points were plotted using both posiltive and negative regions of the
1ift-drag data. Maximun lift-dreg ratios of 7.0 to 6.6 are indicated to
occur at an optimum 1lift coefficient of approximately 0.2. The variations

a
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of maximum lift-drag ratio and optimum 11ft coefficient with Mach number
are shown in figure 15. Both quantities decrease nearly linearly with
increasing Mach number.

The meximum lift-dreg ratio of the present model compares favorably
with the results obtained for the aspect-ratio-3.5 swept-wing alrplane
configuration of ‘references 11 end 12. This referenced configurstion had
very nearly the same ratio of meximum body crosg-sectlonal area to wing
area as the present model, and like the present model had a cylindrical
fuselage in the region of the wing intersection. The relative fuselage
volume 1is less, however, being O0.15 for the fineness-ratio-1Lk.3 fuselage
of reference 11. It can therefore be stated that body flneness ratios of
the order of 20 should be considered in the design of long-range supersonic
alrcraft.

Normsl Force and Pitching Moment

Figures 16 to 18 present plots of normal-force and pltching-moment
coefficients and sumarize the variations of the normel-force-curve and
pltching-moment-curve slopes with Mach number. Filgure 16 shows that the
verigtion of normal-force coefficlent with angle of attack 1s essentially
linear for small asngles of attack. However, the data for a Mach number
of 1.25 show that the slope of the curve (CNQ> incresgses at the higher

values of Cy eand . The data for Mach numbers of 1.46, 1.69, and 1.81
do not extend far enough in the Cy and o ranges to indicate whether a
gimilar increase in CNQ occurs. However, the force data of reference 13

for a 68.4° delta wing show that an essentially linear variatlon would be
expected at a Mach number of 1.9 up to en angle of attack of about 8o
where the slope should begin to decrease because of separation effects.
The variation of normal-force coefficient with pitching-moment coeffi-
cient presented in figure 17 is spproximately lineasr over the range of
the test conditions. The variation of the normal-force-curve slope CNCL

with Mach number shown in figure 18(a) is linear and decreases from a
value of 0.04L1 at a Msch number of 1.25 to 0.033 at a Mach number of 1.81.
Experimental values of CNCL are approximately 5 percent lower than the

values obtalned when using the theoreticgl method of reference 1l4. This
comparison indicates very little probeble loss in CN& due to wing

flexibility. A rough estimate based on the seroelastic analysis of the
3.percent-thick, 60° delta wing used on the model of reference 10 gives
a probable reduction of CNCL from rigid-wing values of only 4 percent.

Consequently, a more detailed aerocelastic enalysis has not been made for
the present test model, since the effects of aeroelasticlty are probably
small.
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The varlation of the statlic stabllity parameter CmCN with Mach

number is shown in figure 18(b). The experimental results obtalned by
two methoeds are in close agreement. It is indicated by this agreement
that latersl oscillations which accompanied the longitudinal motions had
a negligible effect on the longltudinal period. The result calculated

using the method of reference 1li compares favorably with the experimentalfi

curves, but does not show the gradual reduction in static stabillity as
Mach number increasses. Thils reduction noted in the tests is probably
caused by grester wing aerocelasticity for conditions of increased dynamilc
pressure whlch occurred at the higher test Mach numbers.

Longitudinal Dynemic Stabillity

Figure 19(a) shows that the time for the pitching oscillation to
damp to one-half amplltude decreassed with an increasse_in Mach number, or
that the total dampling incressed with Mach number. One would expect a
more uniform decrease in Tl/z with Mach number rather than the levellng-

off tendency shown 1n the flgure at the higher Mach numbers. This effect
is reflected in figure 19(b) which shows negligible rotary damplng in
this region. The theory and experimentsl tests of references 10, 15, and

16 indicate that at a Mach number of 1.8 the damping derivatives <Cmq'*cm&)

gshould have & value of about -0.8 to -0.5. The slope of the curve of fig-
ure 19(b) 1s four times greater than the results of references 10, 15, and
16 1indicate. The average value of the curve of figure 19(b) is, however,
in agreement. It should be polnted out that the experimental accuracy of
the damping derivatives (Cmq + Cmd 1s very poor, becsuse these deriva-

tives are obtalned from the difference of two numbers having the same
order of meggnitude. The important point to be made is that the level ofF

the total pitch demping for this tailless (no horizontal tall) configura-i

tion was low, belng only one-third that determined for the model of ref-
erence 12 which had a horizontal tail.

Slde Force and Statlc Directlonal Stablility

Plots of side-force coefficient against angle of sideslip are pre-
sented in figure 20 for Mach numbers of 1.25, 1.46, 1.59, 1.69, 1.81, and
1.86. For the small range of the measurements, the variation of Cy
with f 1s linear. The slopes obtalned from the curves of figure 20 have
been used to obtaln the variation of CYB with Mach number shown 1in flg-

ure 21(a). The variation 1s spproximately linear. The statlc stability

parameter CnC obtained from periods of the yaw pulses 1s also plotted
Y - '

egainst Mach number in figure 21(b). Comperison with the corresponding

1
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data of figure 18(b) indicates that the aerodynamlc center in yaw was
0.28 farther rearward than the aerodynamic center in pitch.

Directional Dynamic Stabllity

Figure 22(a) shows that the time for the yawing oscillations to damp
to one-half emplitude decreased wilth an increase in Mach number. The
rotary yaw damplng Cnr - Cné> decreased slightly with Iincreased Mach num-

ver. (See fig. 22(b).)

Rolling-Moment Derivetives

Rolling-moment derivatives QCZB at zero angle of attack and CZB
per degree angle of attack) were obtained by application of a least-

squares method to the differential equation of rolling motion. The

method ig outlined in the sppendix. Although the method is theoretically

capable of also determining the derivatives C; end <?1 - czéj, accu-
1S} r

rate veluegs of these rotary derivatives could not be determined. Estl-
mates indicate that the contributions of these terms, particularly of
(Clr - Clé , are small in comparison with the contributions of the static

rolling-moment derivstives (CZ ) and Cy to the total rolling
B a=0 B}a‘

moment experienced by the model. Thils 1s a fortunate situation, and it
appears that those derivatives which have a greater influence on the
motion of a particulaer configuration will be the ones that can be more
sccurately evaluated by this method of datas reduction.

The least-squares method is applicable irrespective of the uniformity
of the lateral motions. Simultanecusly occurring lateral asnd longltudinal
(or cross-coupled) motions can be utilized for purposes of stability-
derivative evaluation. The derivative CZB can be broken down to its

fundamental parts, (CZ ) and Cy . Thus, the motion restrictions
B CL-—_O B)a’

necesgsary to the proper employment of other methods such as the graphical

vector method (used in refs. 17 and 18, for example) are greatly relaxed

or gvolded, and the stabllity derivatives C?ZB -0 and CzB o ey be
a= )

obtained in lieu of the single derivative CZB corresponding to some
average condition of longlitudinal trim.
Figure 23 presents the values of rolling-moment coefficients obtained

from rolling motions of the model caused elther by pitch or yaw pulses. A
reduction of the absolute values with increase in Mach number is noted.
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The experimental results are compared with the theoretical variatlons

caleulated by using the appropriate formulas of references 19 and 20.

The agreement 1s seen to be generally satlsfactory although the theorles

predict somewhet hlgher values in both cases. For thie conflguration the

vertical taill was the largest contributor to (CZB> 5 wheregs the wing
o=

was the largest contributor to CZB o It should be ndted that the theo-
b -

retical calculations did not include any interaction effects between com-
ponents of the configuratlon tested. Apparently, such effects were small
for the conditions of the present test.

Since examination of the transient motions which occurred as a result
of the yaw pulses showed that amplitude ratios and phase relationships
could be determined, the vector method of enalysls employed in reference 18
vas also used to determine values of C;B ‘The results of this analysis

are also plotted in figure 23 where a comparison 1s made with the previ-
ously determined values of <CZB> o The agreement 1ls good, probably
a=

becguse the trim angle of attack was nesrly zero.

The vector analysis also gave values of damping-in-roll parameter
Clp of -0.12 at & Mach number of 1.59 and of -0.1lhk at a Mach number of

1.86. These values compare favorably with the level of values oObtailned
by the least-squares method and also with the results reported in refer-
ence 21. o

By using the values of the rolling-moment coefficilents obtained from
the foregoing snalysls, comparisons of experimental and calculated rolling—
moment-coefficlent variations with sideslip angle were” =" mede. These com-
parisons sre presented in figure 24 at Mach numbers of 1.25, 1.46, 1.69,
end 1.81 for the case of the model pulsed in pitch; and in figure 25 at
Mech numbers of 1.59 and 1.86 for the case 6f the model pulsed in yaw.
The agreement is generally good when the contributions of ( lB) o’

Q=

CZB @ ang Czp ere summed. The rolling-moment contribution of the gyro-
2

scopic resction (namely, I 8¥ -‘Iyéﬁ) was found to be negligible in the
determination of the total rolling-moment ccefficlent .Cy.

SUMMARY OF RESULTS

Results obtained from a flight test of.a low-drag alrcraft configu-
ration at supersonlc speeds lead to the following observations:
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1. Very slender body shapes can provide increased volumetric capaclty
with 1little or no increase in zero-lift drag. Body fineness ratios of the
order of 20 should be considered in the design of long-range supersonic
alrcraft.

2., Maximum 1lift-drag ratios of 7.0 and 6.6 at Mach numbers of 1.25
and 1.81, respectlvely, were obtained.

3, The optimum 1ift coefficient, normel-force-curve slope, lateral-
force-curve slope, static stability in pitch and in yaw, time to damp to
one-half smplitude in pitch and in yaw, the sum of the rotery damping
terms, and the static rolling derivatives all decreased with an increase
in Mach number.

. Comparison of the experimental and calculated variation of the
total rolling-moment coefficient during translent oscillations of the
model indicated good agreement when the damping-in-roll contribution was
included with the static rolling-moment terms.

Langley Aeronautical Laboratory,
National Advisory Committee for Aeronsutics,
Langley Field, Va., January T, 1957.
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APPENDIX o

DETERMINATION OF ROLLING DERIVATIVES BY THE

LEAST-SQUARES METHOD - ’ -

In order to utilize the transient rolling measurements obtained
immediately following the pitch disturbances for the purpose of deter-
mining rolling derivatives, the least-squares method of data reductlon
was epplied to the dlfferentlsl equatlion of rolling motion. The least-
squares method is outlined in reference 22, pages 371 and 372. Deta from
both pltch and yaw pulses were ansglyzed to obtalin values of the rolling
derivatives.

The total net serodynamlc rolling-moment coefficient at any instant
during free oscillation is given as follows:

Ixﬁ + (IZ - Iy)élif - IXZ({[; + Pé)
qsSb - N

Cy = (1)

For the present model the product of inertis was assumed to be equal to
zero, and the contributlion of the gyroscopic reaction term was found to
be negligible. The net serodynamic rolling-moment coefficient was then
obtained from the following simplified expression: o

LD -

Thils net aerodynamic coefficlent was next assumed to result from a sgimple
addition of partlcular rolling-moment coefficlents. Thusa,

Cy = K3f + Kpap + CKzl + CKyp , (3)
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where

K =
) CzB,@
Kz = (Clr - c )
K, = C
L [
c =X
ov

From the telemeter, radar, and radiosonde measurements, sets of data
were obtained consisting of P, aq, B, «, V¥, p, and V at selected
times over approximately 1 oscillation corresponding to an average Mach
number. The largest smplitude oscillations immediately following a pitch
or yaw pulse were used. Trim conditions for the telemetered quantities
were determined, and the sets of data corrected to incremental varlations
from trim. The corresponding values of C; were calculated by using

equation (2). The following equations can then be written:

Q
o~
!

| = KiBy + KpogBy + CiKzly + CiKymy

Q
o~
|

o = KiBp + KpopPp + CoKsbp + CoKypp

!

Cyp = KiBn + KpapnBn + CpKaly + CpKipn
/

The unknowns are the K's and the subscripts (the K's excepted)
refer to particular sets of data. Choose as the best approximation to
the unknowns those values which minimize the sum of the squares of the
deviations of the observed values from the corresponding velues which
the observed quantity would have if computed from the chosen values of
the unknowns. The following expression can then be minimized by equating
to zero the four partial derivatives wilth respect to K;, Ky, K5,

and Kj:



18 NACA RM L5T7A25

) 2
i E:zj - (KlBJ + KpayBy + CyKzlby + CJKwJ)] (5)

— . L 4
There results the following set of equations
Ep = MKy + BKp + ClK5 + D1Ky
E2 = AEKl + B2K2 -+ 02K5 + D2K4$
E3 = AjKl + B5K2 + CBK3W+ D5Ku

= 4Ky + Bk + Ok + DKy,

=
=
[

where -- - C

B, =Zo4301 Ay =Za432 B, =Z(a5)2 Cp-) Cat D =chp -
B =Zc4rcZ Az =Zc;3q} B =Zch3\Ir Cs =Z(cir)2 53 =ZC21L’1) 7
E), =ECpCZ Ay =chp B), =2ch,8p '704 =chq}p Dy, =Z<CP)2

Equations (6) must be solved simultaneously for the K's and the
corresponding serodynamic parameters (CZB>Q=O: CZB;&’ Czp, and

szr - ClB>. The accuracy of determination of these parameters will

depend on the accuracy and extent of the basic measurements and the ,
relative importance of the various terms to. the rolling motion of the
configuration under considerastlon. In the present case values for

(Cz and for CZB were determined, but only the order of magnitude
a= )& ' -

of CZP could be determined., The contribution of <¢1£ - CZé) wag estl-

mated to be negligible, and accurate values for the sum of these two
damping derivatives could not be determined. _

I

‘3;'5_'11 ".l.‘n

¢

T
R3is
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TABLE I.- FUSELAGE ORDINATES

Station, in.

Body radius, in.

O

67
1.33
1.67
2.2%
3.23
5.00
6.67
10.00
13.33
16.67
20.00
22.75
25.%5
26.67
30.00

Constant radius
63,38
67.43
71.49
T5.54
79.60
83.65
87.71
91.76
93.79
95.82
97.04
97.85
98.25
99.06
99.87

0
.22

(SR VRN \ORE AR AVR AR el ol o
N
\N

Constant radius
.50
b5
37
.23
.06
82
.5k
.19
.98
N,
o7
Sk
.38
.21

HHEEPEMDMDNDNDND
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TABLE II.- CHARACTERISTICS OF MODEL

Wing:
Span, £t . « « ¢« v ¢ v v 0 v v e e e e e
Area, sq@q £t . . . . . o o0 .
Aspect ratlio « v v v v v e 0 v e e e e e e e
Taper ratic . « ¢ v ¢ « ¢ v ¢« @ ¢ e e e 0 e
Sweepback of leadding edge, deg . . . « « ¢ &
Sweepback of trailing edge, deg .
Mean aerodynemic chord, ¢, ft .
Alrfoll sectiom . . . . o . . . .
Incidence, deg . ¢« ¢« ¢« v v « ¢ ¢ 0 e e e 0 e
Dihedral, deg . « +v o« o« « ¢ ¢« « ¢ o o 4 4

Body:
Meximum diemeter, ft . . . . . . ¢ o o o .
Iength, ft . . . . . « ¢« ¢ ¢« o« o o .
Fineness ratio . ¢ ¢ ¢« ¢ ¢« ¢ ¢ o o « « o« o o

Vertical taill: -
Span, £t . ¢ ¢ v v ¢ ¢ e e et v e e e e e e
Taper ratio o v v ¢« o ¢ ¢« v o e e e e e e e
Sweepback of leading edge, deg . . . + « o« o &
Sweepback of trailing edge, deg o o e e s e e
Alrfoill section . . . . . e e e e i

Model welght, 1b . . . .

Moments of inertis, slug-ft2
Inpitch . . o v ¢ v v v v v e e w0 e e
TN J8W v v v o v 4 6 s ete e e e e e e s
In 701l v v v v v e e e e e e e e e e

Center of gravity, percent € behind leading edge
mean aerodynemic chord . . . . . « . « . .

- . 2.83

e e e e e e e bm
e e e e e .. 1.86
c e e 0
e e ... 67.5
e e e e 15

. e . .. 2,03
. . NACA 65Aoou

. .7 o
.. . .. O.
. ... 8.32
e e e e e e 20

SRR 0.97

. ... 0
R .. 60
e e e e 15
. . NACA 65A00%

. 111.1
o . 12.2
12.3

of
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Flight
path

Horizontal reference axis
Side view

W/nd

ZAzimuTh reference axis

Plan view

¢/CL
\\
£y

View forward

Figure l.- System of axes. Arrows indicate positive directions; origin
is at center of gravity.
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Figure 5.- Wing static deflection resulting from & concentrated load

applied along 50-percent-chord line.




28

)3

b
2

Y

(

Inches deflection

(b

NACA RM L5TA25

xl
<

Figure 5.- Concluded.

60x]0-2
Load applied ot station
- b
o 0952
I0% b
a0} o 085 0655 ‘
& 0865 —
20— & 055 e _——
D 045 e b"”""/———“‘_"’"—‘_‘é
0
60 —t
0553
40 :
/ 0]
0 == | rE
60 : .
040%
‘ )]
40 B A
/
20 T~
' e e e ey
0 i — i
680 . :
0.25%
40 /// A
/’Vz/ (///$
20 P ot e e Ot B
1
0 i 2 3 4 5 6 7 8 9 10



NACA RM L5TA25 29

6x10~2
5
I
4 l
Load applied at station ,
o 0.95% [
) o 0.85 ’
S <o 0.75
2 & 0.65 ;
A n 0.55 |
23 D 040
Z /

| m |
/ 3
-1 L4
égF”:_——-r—’_ 3
o} A 2 3 4 5 6 7 8 9 Ko}

Fraction of semispan

(a) Average twist from O to 50 percent local chord.

Figure 6.- Wing streamwise twilst resulting from a concentrated load
applied along 50-percent-chord line.
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Filgure 6.- Continued.
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Figure 6.- Concluded.
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Figure 7.- Tall stresmwise average twist resulting from'a concentrated
load epplied elong 50-percent-chord line. -
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Figure 9.- Varistion of angle of attack with sideslip angle. Model

pulsed in pitch.
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(b) Mach number, 1.46.

Figure 9.- Continued.
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(¢) Mach number, 1.69.

Figure 9.- Continued.
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(d) Mach number, 1.81.

Figure 9.~ Concluded.
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Figure 11.- Concluded.
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Figure 13.- Drag coefficient at zero 1lift and drag-due-to-1ift parameter
plotted agalinst Mach number.
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(a) Maximum 1lift-drag ratio.
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. Flgure 15.- Maximum 1lift-drag ratioc and optimum 1ift coefficlent plotted
against Mach number.
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with Mach number.




B

”’W*i« i’

NACA RM L57A25 ‘,\Wﬁ

5
a
A —]
\\
3
T
A
secC
}
0
1.2 14 1.6 1.8 2.0

(a) Time for pitching oscillation to damp to one-helf amplitude.

-30
-2.0
\\\\
\\\\\\\\
(Cmg+ Crmpy) =10 <

(b) Rotary damping derivatives.

Figure 19.- Damping in pitch.
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Figure 22.-~ Damping in yaw.
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* Figure 23.- Values of rolling-moment coefficients obtained by spplica-

tion of least-squares method to the rolling-moment equation.



5L NACA RM L5T7AZ25
ExperhnenfchL
v ZB>O=O &
S oA o' Aa+(c A
L’ leB1a (Z:B>Cl=o:l B
____——sz C Na+ Cy A +C b i
5.7 (gl F T, £ 09
002
00l 7
/
/
Cy o

o

/.

\‘
- 00| ‘

-.002
-3 -2 -1

0
3, deg

(a) Mach number, 1.25. B

Figure 24.- Comparison of experimental and calculeted rolling-moment-
coefficient veriation with sideslip angle. Model pulsed in pitch.
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Figure 2b4.- Continued.
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Figure 24.~ Continued.
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Figure 25.- Comparison of experimental end calculeted rolling-moment-
coefficient varlation with sideslip angle. Model pulsed in yaw.
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